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SYMBOLS

&) pressure coefficient, <_I:; - 1 ) 7_131;5

h heat-transfer coefficient, T?—-Tw

ho stagnation-point heat-transfer coefficient

L axial length of sharp cone

M Mach number

p pressure

q heating rate

R nose radius

Re Reynolds number based on model base radius
Tp base radius of model

T temperature

X,1,¢0 body cylindrical coordinates (¢ = 0° is the leeward ray)
X0 equivalent wind-axis coordinate

o angle of attack

v ratio of specific heats

) semiapeXx angle of cone

b0 equivalent-cone angle

0, oblique-shock angle

v shear-line angle

o flow angle

w angle of inclination to free stream



iv

Subscripts

at the shock but downstream
free stream

recovery

wall

sharp cone
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EFFECTS OF ANGLE OF ATTACK AND BLUNTNESS ON THE HYPERSONIC FLOW
OVER A 15° SEMIAPEX CONE IN HELIUM
Joseph W. Cleary and Charles E. Duller

Ames Research Center

SUMMARY

Effects of angle of attack and bluntness on the hypersonic flow over a 15° semiapex cone
were experimentally investigated for the limiting specific-heat ratio 1.67. Results are presented from
wind-tunnel tests in helium at a free-stream Mach number of 14.9 and Reynolds number of
0.86X10° based on the radius of the base. Included are measurements of surface pressure and
heat-transfer coefficients, shadowgraphs of shock-wave shape, and limiting streamlines adjacent to
the surface. The tests spanned a range of angles of attack from 0° to 30° and cone bluntness ratios
from O to 0.4.

The results show that surface-pressure distribution and shock-wave shape of the sharp-cone
are essentially conical. Bluntness not only destroys the conical nature of the surface pressure
distribution and shock-wave shape, but also alters the flow-separation pattern on the lee side.
Comparisons of theoretically predicted distributions of pressure and heat-transfer coefficients and
shock-wave shape with experiment show generally good agreement.

INTRODUCTION

Concern with problems of aerodynamic heating and performance during planetary
atmospheric entry has given impetus to investigations of the effects of bluntness and angle of attack
on the hypersonic characteristics of conical bodies. For the three-dimensional flows that are
encountered during lifting entry, solutions to heating problems require knowledge of streamline
characteristics as well as properties of the flow at the edge of the boundary layer (refs. 1 to 3). Asa
reasonable approximation for continuum flows, streamlines can be estimated by inviscid theory.
The adequacy of inviscid theory to a specific case, however, is dependent on relative thicknesses of
the boundary, entropy, and shock layers. It is apparent then that details of all properties of the flow
including shock-layer thickness may have bearing on heating and performance estimates. How well
inviscid theory approximates viscous flows can be assessed by comparison with experiment. While
the adequacy of inviscid theory has been investigated for air (e.g., refs. 4 to 8 and others),
investigations for other gases are meager.

The present investigation has a twofold purpose: (1) to present measurements that show
effects of angle of attack and bluntness on the flow over a 15° semiapex cone for the limiting
specific-heat ratio 1.67, and (2) to compare measurements with theory. Included are measurements
of the distributions of surface pressure and heat-transfer coefficients, shock-wave shape, and
limiting streamlines adjacent to the surface. Results were obtained from wind-tunnel tests in helium



at a Mach number of 14.9 and a Reynolds number based on model base radius of 0.86X106. The
tests spanned a range of angles of attack from 0° to 30° and cone bluntness ratios from 0 to 0.4.
The present investigation includes and supplements preliminary test results for helium given in

references 7 and 8.

EXPERIMENTAL METHOD
Wind-Tunnel Facility

The tests were conducted in the Ames 20-Inch Hypersonic Tunnel in helium at a free-stream
Mach number of 14.9. Reservoir temperature and pressure were, respectively, 545° R and 1250
psia, and the corresponding free-stream unit Reynolds number was 9.2X10% per foot. The
wind-tunnel facility is a blowdown tunnel with an axisymmetric contoured nozzle and a
20-inch-diameter test section. The tunnel test section with the sharp-cone model mounted on the
sting support is shown in figure 1. Operation of the wind tunnel is essentjally automatic and the
angle of attack can be varied from 0° to 30° at prescribed intervals by a controller programmed
prior to the test. Further details of this facility are given in reference 9.

Models and Test Procedure

The models were 15° semiapex sharp and blunt cones constructed from stainless steel. Their
bluntness ratios were R/ry, of O (sharp cone), 0.2, and 0.4. Pressure orifices and thermocouples
were installed in separate models along a conical ray. Since only one ray was instrumented, tests at
various circumferential angles ¢ were made by an axial rotation of the model. The axial positions
of the pressure orifices and thermocouples and other details of the models are given in figure 2.
Model surface pressures were measured with differential-pressure cells referenced to a known
pressure. These cells measure pressure to an accuracy of about * 0.02 psi. Surface temperatures of
the models were measured with 40 gage chromel-constantan thermocouples that were spot welded
to the inner surface of the models. Measurements of temperature are believed accurate to within

*1° R,

Heat-transfer measurements were achieved by the transient temperature technique. Prior to a
run the model was enclosed in a thin plastic cylindrical shroud that was supported at the upstream
end by a tunnel starting probe, and at the downstream end by a ring attached to the sting behind
the model. Cold gaseous nitrogen was bled into this leakproof shroud until the model surface
temperature reached the desired level and was observed to be isothermal. After the tunnel started,
the starting probe was retracted thereby rupturing the shroud and, in effect, instantaneously
exposing the model to the free stream. As the model was heated, temperatures were measured at
intervals of 0.2 second. Additional details of the heat-transfer test procedure and of the data

reduction are given in reference 10.



RESULTS AND DISCUSSION

Experimental Results

Pressure distribution— Surface pressure distributions of the 15° cone are presented in figure 3
as functions of the sharp-cone axial coordinate xg/L. From measurements of pressure and shock
angle, the local Mach number on the windward stagnation line ¢ = 180° of the sharp cone was
estimated to be about 1.46 at the highest angle of attack « = 30°. Consistent with the fact that the
flow was therefore locally supersonic for the entire angle-of-attack range of the test, 0 < a << 30°,
figure 3(a) shows that except for a slight axial pressure gradient on the lee side, sharp-cone pressure
distributions are essentially constant and the flow can be considered conical. Slight axial pressure
gradients observable on the lee side are attributed to the low base pressure that was imposed on the
leeward thickened boundary layer or separated flow. Figures 3(b) and 3(c¢) show that bluntness was
sufficient to obliterate the essentially conical flow.over the sharp cone. Here it can be seen that the
characteristic overexpansion of the flow due to bluntness occurred for the range of angles of attack.

Distributions of heat-transfer coefficient— Figure 4 presents distributions of heat-transfer
coefficient as a function of xg/L. To demonstrate more clearly the effects of angle of attack and
bluntness, results from figure 4 for ¢ =0° and 180° are replotted in figure 5 using logarithmic
scales. For a=0° comparisons are made with similarity theory to show that the boundary layer
was laminar. For R/r, =0 a straight line with slope of —0.5 has been faired through the data to
illustrate agreement with flat-plate theory. The results for R/ryp, = 0.2 and 0.4 are compared with
laminar similarity theory of reference 11. Because of the reasonably good agreement with theory, it
is concluded that the flow was laminar for the range of bluntness.

For a> 0°, reference 12 predicts that as at « = 0°, the sharp-cone distributions of h on the
windward stagnation line are straight lines with slopes of —0.5 if the flow is laminar. Figure 5 shows
that for R/rpy =0, experiment conforms well with this prediction except at xg/L=0.12
for «>10° where measurements of h appear low. The disagreement with theory for this
condition is not clearly understood, but may be due to heat-conduction effects that become more
severe with increasing o and with proximity to the cone apex. Windward distributions
of h for R/r;=0.2 and 0.4 are also believed laminar in view of the prevailing decreases
of h with xg/L. The leeward distributions of h for small « appear laminar also; however, at large
angles of attack departures from laminar type distributions indicate transition of the flow.

From figure 5 it can be seen that maximums occurred in the distributions
of h for R/r;=0.2 and «=15° and 30°. These maximums, in general, resemble maximums in
heating-rate distributions reported in reference 13 from tests in air for about the same bluntness
ratio. However, in the present case the maximums are not well defined and may be influenced by
heat conduction owing to proximity of the nose.

Surface flow— Views of limiting streamlines as indicated by white streaks of an oil and
titanium oxide mixture are presented in figure 6.! The lee, side, and windward views are shown

! The three white lines visible in figure 6 denote 30° sectors symmetrically disposed with
respect to the windward stagnation line.



normal to the conical surface while the front view is along the cone axis. Figure 6 shows that on the
lee side there is an accumuiation of the white oxide mixture in regions where the pressure and
shearing forces adjacent to the surface are low. For small o the flow is not necessarily separated
and an accrual of the white oxide mixture is believed more indicative of a thickened boundary
layer. On the other hand, for large o, separation is indicated along two lines, one from the
windward flow and the other from a weaker flow on the lee side, to form deposits in sectors that
are symmetrically disposed.

The sharp-cone separation patterns closely resemble patterns of incompressible flow
separation presented in reference 14. Results from reference 14 show that flow separation on sharp
cones is associated with a complicated arrangement of vortices that form on the lee side. In the
present case, the separated flow region is well within the lee shielded region of the flow.
Measurements indicate that for the sharp cone @ghjelded/@separation Were 1.4 and 1.6 for
respective angles of attack of 20° and 30°.

For a=10° and R/ry = O figure 6 shows heavy streaks of oil formed downstream of the apex
along lines paralleling the leeward deposit. These streaks are like those reported in reference 15
from tests in air. The heavy lines are superimposed on and appear to originate from lighter striations
that are inclined at steeper angles to cone elements. The lighter striations indicate direction of the
normal laminar flow. This detail is shown more clearly in figure 7 from tests in air at M.. = 10.6.
Similar flow patterns were observed over rotating disks and swept wings in reference 16 where
heavy lines that formed were attributed to vortices that develop in three-dimensional boundary
layers. Furthermore, reference 17 reports vortex streaks appearing in the wakes of inclined conical
type bodies. These vortices preceded development of turbulent flow, and the vortex axes tended to
aline with the direction of external streamlines adjacent to the boundary layer. In like manner for
the present case, although not shown, estimates of streamline directions for the sharp cone by
Newtonian theory (ref. 13) agree well with the projections of heavy lines shown in the front view of
figure 6. Increasing the angle of attack or bluntness appears to have a mitigating effect on the
formation of the heavy lines (see fig. 6). In addition, increasing bluntness increases the angle of the
normal laminar flow to cone elements in conformance with results from tests in air given in

reference 13.

Shock-wave shape— Shadowgraph profiles of shock waves that show the effects of angle of
attack and bluntness are presented in figure 8. Here it can be seen that for 0° < a<<30° the
sharp-cone shocks are essentially straight even on the lee side where the flow separated at the higher
angles of attack. Also, a white shear line can be seen in the leeward shock layer of the sharp cone
that demarcates the inner thickened boundary layer or separated flow from the external essentially
inviscid flow. Pitot-pressure measurements of reference 18 show that for ¢ = 0° the inner layer has
low kinetic energy. While the shear line appears straight, it is actually slightly curved, indicating that
the viscous region of the flow was not truly conical.

In the absence of a visible shear line, bluntness appears to have an alleviating effect on flow
separation. However, the surface flow shown in figure 6 and pitot-pressure measurements of
reference 18 indicate flow separation at a distance downstream of the nose. On the windward side
the inflection point of the blunt-cone shock moved forward with increasing o. For a = 30° figure 8
shows that the windward shock retains a slight inflection even though the flow in the shock layer is
subsonic (see figs. 3(b) and 3(c¢)). In addition it can be seen by comparison with the sharp-cone
shock that at the cone base, the displacement of the blunt-cone shock and the shock angle has
closely approached that of the sharp cone.
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Comparisons With Theory

Initially, comparisons will be made of sharp-cone experimental results with theory; then
comparisons will be made for the blunt cone.

Sharp cone— Experimental results of the sharp cone are compared with various theoretical
estimates in figures 9 to 13. A comparison of windward stagnation-line pressure at a representative
axial position, xg/L = 0.36, with inviscid theories is shown in figure 9 for a range of w from 15° to
45°, While this range of w probably exceeds that for which thin-shock layer (ref. 19) and
linearized characteristics (ref. 20) theories apply, results are compared, nevertheless, for interest.

The estimates of pressure by linearized-characteristics theory were made to second order.
Tangent-cone pressures were estimated from exact inviscid solutions while thin-shock-layer
estimates are from equations given in reference 19 with corrections given in reference 21. The
swept-cylinder pressures were calculated by exact relations from simple sweep theory. This theory
can be considered a lower bound on stagnation-line pressures of conical flows as borne out by the
comparison shown in figure 9.

Except for swept-cylinder theory, figure 9 shows generally good agreement between
experiment and the various other theories within the limited range, 15°< w< 30°. For large
inclinations w ~> 45° linearized-characteristics, tangent-cone, and thin-shock-layer theories all
overestimate experiment, and of the various theories shown, only Newtonian agrees closely with
experiment. This is partly fortuitous for this particular cone angle, however, since it can be shown
that for a specified w, experiment should agree better with swept-cylinder theory as & = 0° and
with tangent-cone theory as a— 0°.

The windward shock angle 6,, and the angular difference (8, — w) are shown as functions
of w and compared with inviscid theories in figure 10. Shock angles were measured from
shadowgraphs of figure 8 with corrections applied for the slight optical distortion that is evident
from the rectangular appearance of the square grid. Of the various theories shown, linearized
characteristics theory appears to give the best estimate of shock angle. It is of interest that the
measured angular difference (6, — w) initially decreases and then increases with increasing . The
initial decrease may be a viscous effect since this trend is not predicted by linearized characteristics
theory or by exact inviscid solutions for air from reference 22 that are not shown.

A comparison of the windward-pressure ratio, p/p,, as a function of « with various theories
is shown in figure 11. This ratio was calculated from the measured pressures and shock angles and is,
therefore, subject to the inaccuracies of both measurements. None of the theories adequately
predicts the trend of experiment with increasing «w . Although not shown, exact inviscid theory for
air (ref. 22) predicts that at least for <48, p/p, increases very slightly with increasing w. In
figure 11 a greater increase with increasing « is indicated by experiment and this may be a viscous
effect. Nevertheless, the upper bound given by swept-cylinder theory was not exceeded by
experiment.

Comparisons of circumferential distributions of pressure with inviscid theories are shown in
figure 12 for a¢=10° and 20°. All of the theories shown appear to predict adequately the
circumferential distribution of pressure for o= 10° except on the lee side where the theories
underestimate pressure. For a=20° Newtonian theory gives the best estimate on the more
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windward side. On the lee side, the pressure minimum predicted by linearized-characteristics and
thin-shock-layer theories is less than vacuum Cp= —(2/YM_?) and it appears that for a=20° the
applicable angle-of-attack range of these theories is exceeded. A pressure minimum was not
distinctly observed experimentally even though (as indicated by surface flow results from fig. 6(a))
separation did not occur for ¢ > 30°.

On the lee side experimental results are summarized as functions of the leeward inclination in
figure 13 in lieu of theory. The experimental pressure curve (fig. 13(a)) was obtained from
extrapolations of pressures given in figure 3(a) to xg/L.=0. These results are compared with
oblique-shock estimates of pressure from measured shock-wave angles. The shock angle, 6, and
shear-line angle, v, shown in figure 13(b) were measured at the apex from shadowgraphs (fig. 8), and
the flow angle at the shock ¢, was estimated by oblique-shock theory. Since g, is slightly less
than v, a compression of the flow is indicated across the shock layer. It is clear, however, from
figure 13(a) that the increase of pressure was generally small across the lee shock layer.

The measured distribution of heat-transfer coefficient of the sharp cone for a=0° is
compared in figure 14 with flat-plate reference-enthalpy theory (ref. 23) modified by Mangler’s
factor \/—3 Figure 14 shows good agreement between reference enthalpy theory and present
experimental results.

Blunted cone— Measured pressures as a function of the axial distance from the
nose x/R for R/r;=0.2 and 0.4 are compared in figure 15 with two inviscid theories at a=0°,
10°, and 20°. The measured pressures for both bluntness ratios agree well with each other as
functions of x/R and ¢. With minor exceptions on the lee side, good agreement is shown with
inviscid theory by the three-dimensional method of characteristics program of reference 8.
For o =20° this theory yielded results for x/R < 9.5 but because numerical difficulties were
encountered as p —> 0 at ¢ ~ 30°, results were unobtainable for greater x/R.

The equivalent-body theory shown in figure 15 is a tangent-cone approximation that utilizes
axisymmetric solutions to account for variations of pressure with x/R and ¢. This method can be
used to give a fair estimate of pressure distribution where more rigorous methods may encounter
numerical difficulties. In order to select the appropriate pressure from the axisymmetric solutions,
it is necessary to transform the body axis coordinates x/R and ¢ to the corresponding xo/R
coordinate and cone angle of the axisymmetric solutions. The analogous axisymmetric cone
angle 6¢ is evaluated from equation (1)

sin 6o = sin 8 cos & — cos § sin & cos ¢ (1)

and the corresponding value of xo/R is given by equation (2).

Xo |(x X . sin o
R_|:<R 1) cosa+1]+ [(R — 1) sm6+1] o535 cos ¢ (2)

The equivalent-body theory shown in figure 15 was estimated from axisymmetric solutions given in
figure 16. Figure 15 shows that equivalent-body theory, similar to the tangent-cone approximation
for the sharp cone, tends to overestimate windward pressure and underestimate leeward pressure.

6



In figure 17 shock-wave shape is compared with three-dimensional characteristics theory. The
close agreement shown between experiment and theory for both leeward and windward shocks
indicates that viscous effects on shock shape were small.

A comparison of the distribution of heat-transfer coefficient normalized by the theoretical
stagnation-point value with similarity theory (ref. 11) is shown in figure 18 for « = 0°. Similar
comparisons for a>0° using a simplified method given in reference 3 for applying similarity
theory at angle of attack are shown in figure 19. The stagnation-point heat-transfer coefficients
were estimated from reference 24 using a blunt-body solution of the flow (ref. 25) to evaluate the
stagnation-point velocity gradient. The theoretical estimates of h/hg in figures 18 and 19 were
made using measured pressure distributions presented in figures 3(b) and 3(c). For «=0°, figure 18
shows good agreement between theory and experiment for both bluntness ratios. Similar agreement
is shown in figures 19(a) and 19(b) for a = 5° and 10°, respectively; but for higher angles of attack,
theory tends to underestimate the measured heating. Since theory does not account for increases
in h due to the effects of entropy gradients or cross flow, the differences shown at higher angles of
attack may be due, in part, to these effects.

CONCLUDING REMARKS

Experimental results presented for the limiting specific-heat ratio 1.667 show effects of angle
of attack and bluntness on the hypersonic flow over a 15° semiapex cone. The results from tests at
angle of attack demonstrate that surface pressure and shock-wave shape of the sharp cone are
essentially conical. Bluntness obliterates the essentially conical pressure distribution and shock
shape of the sharp cone and alters the flow separation pattern on the lee side by promoting flow
attachment adjacent to the nose.

Measured pressure distributions and shock shapes of the blunted cone are predicted well
for « > 0° by inviscid numerical solutions of the flow. Deficiencies of less rigorous theories are
demonstrated by comparisons with sharp-cone results. Similarity theory for laminar boundary
layers appears to predict adequately the measured distributions of heat-transfer coefficient.

Ames Research Center
National Aeronautics and Space Administration
Moffett Field, Calif., 94035, April 1, 1970
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cone model mounted in the 20-inch hypersonic helium tunnel.

Figure 1.-- Sharp
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Figure 2.— Dimensional details of the models.
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Figure 6.— Effects of angle of attack and bluntness on surface flow; M_ = 14.9, Re_ = 0.86 X10°.
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(b) Leeward view.

Figure 6.— Continued.
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(¢) Side view.

Figure 6.— Continued.
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(d) Windward view.

Figure 6.— Concluded.
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(a) Top view.

(b) Side view.

Figure 7.— Detailed views of the flow over the cone apex.




Figure 8.— Effects of angle of attack and bluntness on shock-wave shape; M, = 14.9,
Re_ = 0.86X106°.
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